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ABSTRACT 
 
Mission Design, Guidance, and Navigation of a Callisto-Io-
Ganymede Triple Flyby Jovian Capture 
 
by Alan M. Didion 
 
Use of a triple-satellite-aided capture maneuver to enter Jovian orbit reduces 
insertion ΔV and provides close flyby science opportunities at three of Jupiter’s 
four large Galilean moons. This capture can be performed while maintaining 
appropriate Jupiter standoff distance and setting up a suitable apojove for plotting 
an extended tour.  
This paper has three main chapters, the first of which discusses the design and 
optimization of a triple-flyby capture trajectory. A novel triple-satellite-aided 
capture uses sequential flybys of Callisto, Io, and Ganymede to reduce the ΔV 
required to capture into orbit about Jupiter. An optimal broken-plane maneuver is 
added between Earth and Jupiter to form a complete chemical/impulsive 
interplanetary trajectory from Earth to Jupiter. Such a trajectory can yield 
significant fuel savings over single and double-flyby capture schemes while 
maintaining a brief and simple interplanetary transfer phase.  
The second chapter focuses on the guidance and navigation of such trajectories 
in the presence of spacecraft navigation errors, ephemeris errors, and maneuver 
execution errors. A powered-flyby trajectory correction maneuver (TCM) is 
added to the nominal trajectory at Callisto and the nominal Jupiter orbit insertion 
(JOI) maneuver is modified to both complete the capture and target the Ganymede 
flyby. A third TCM is employed after all the flybys to act as a JOI cleanup 
maneuver. A Monte Carlo simulation shows that the statistical ΔV required to 
correct the trajectory is quite manageable and the flyby characteristics are very 
consistent. The developed methods maintain flexibility for adaptation to similar 
launch, cruise, and capture conditions.  
The third chapter details the methodology and results behind a completely 
separate project to design and optimize an Earth-orbiting three satellite 
constellation to perform very long baseline interferometry (VLBI) as part of the 
8
th
 annual Global Trajectory Optimisation Competition (GTOC8). A script is 
designed to simulate the prescribed constellation and record its observations; the 
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a = semi-major axis 
B = B-plane miss radius 
C3 = characteristic energy 
e = eccentricity 
F = objective function 
h = triangle altitude 
hp = flyby periapsis 
i = inclination 
J  = performance index 
M = mean anomaly 
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V = velocity 
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μ = gravitational parameter 
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φ  = angular measurement resolution 
ω = argument of periapsis 
Ω = right ascension of the ascending node 
x,y,z = Cartesian position components 
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Introduction 
RAVITY-assist trajectories have been used in a number of deep space missions. The 
Galileo and Cassini missions both used several gravity-assist flybys of planets to obtain 
enough orbital energy to reach their destinations (Jupiter and Saturn, respectively) [1-8]. As 
Galileo arrived at Jupiter, it captured into orbit about Jupiter using a gravity assist of Io and a 
sizable impulsive ΔV from its main engine. The Io gravity-assist reduced the ΔV required to 
capture into Jupiter orbit by 185 m/s [3]. After Galileo captured into Jupiter orbit, it performed 
dozens of gravity-assist flybys of Jupiter’s Galilean moons, which have provided much scientific 
knowledge about the gravity fields and geology of each moon [9-12]. 
The use of gravity assists of planetary moons to reduce the ΔV required to capture into 
planetary orbit is called “satellite-aided capture”. While most papers discussing satellite-aided 
capture have focused on using only one satellite gravity assist to aid in the capture [13-18], 
several have proposed using two [19-23] or three [21-26] of Jupiter’s Galilean moons to capture 
a spacecraft into orbit about Jupiter. Using three gravity-assists of Jupiter’s Galilean moons is 
called “triple-satellite-aided capture”. Further work by Lynam demonstrated that rare, 
impractical quadruple-satellite-aided capture opportunities do exist, but occur only once a decade 
and typically suffer from deep incursions into Jupiter’s harsh radiation environment [27]. 
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Since Jupiter has four massive Galilean moons and any three of these moons can be 
encountered in differing orders, there are numerous permutations for triple-satellite-aided 
capture. Lynam et al. [21-22] discovered four geometrically possible “Laplacian triple-satellite-
aided capture” sequences that use gravity assists of each of the Galilean moons that are involved 
in the 4:2:1 Laplace resonance: Ganymede, Europa, and Io. While these sequences occur more 
frequently than other triple-satellite-aided captures, they have a few deficiencies that make them 
less useful than more optimal double- and triple-satellite-aided capture sequences. These 
deficiencies include having low perijoves (two have perijoves [Rp’s] of slightly higher than 1 
Jupiter radii [RJ]; two have Rp’s of 2 RJ) that would increase radiation exposure and have lower 
ΔV savings for most mission scenarios. 
In addition to Laplacian triple-satellite-aided capture, the other three combinations of 
satellites are Callisto-Ganymede-Io, Callisto-Ganymede-Europa, and Callisto-Europa-Io triple 
flybys. Of these combinations, Callisto-Europa-Io is the definitive worst since Callisto and 
Europa are the weakest satellites for gravity-assist capture and must have a perijove that is below 
6 RJ to encounter Io, which is deep within Jupiter’s radiation environment. Callisto-Ganymede-
Europa sequences show some promise since they can have higher perijoves (Europa has an orbit 
of about 9.4 RJ), however they still suffer from the weaknesses of Callisto and Europa as 
gravity-assist capture bodies. The most promising combination is Callisto-Ganymede-Io since 
Ganymede and Io are the strongest of the Galilean moons for gravity-assist capture, although 
they also suffer from low perijoves of less than 6 RJ. 
Although Callisto, Ganymede, and Io are the best combination of three moons to use for 
triple-satellite-aided capture, since they can be encountered in different orders, there are actually 
eight geometrically possible permutations. Lynam [25-26] developed a method that was able to 
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find promising trajectories for two of these eight permutations: Callisto-Ganymede-Io-perijove 
and Callisto-Ganymede-perijove-Io. 
This thesis is structured as follows. In Chapter 1, a suitable analysis candidate for the triple-
satellite-aided capture sequence described was chosen by filtering existing broad search data. 
The chosen candidate was then verified through computer simulation and ultimately optimized 
for minimal fuel consumption. Additionally, the trajectory was back-propagated through 
interplanetary space to a feasible Earth-escape trajectory. In Chapter 2, this candidate was further 
refined in an entirely new dynamical model written by the author and subjected to realistic 
perturbations and knowledge uncertainties based on ephemeris, navigation, and maneuver 
execution inaccuracies. Chapter 3 stands alone, describing the author’s contribution to his 
group’s solution for the 8
th






Chapter 1: Design of an Impulsive Trajectory from Earth to Triple Flyby 
Jovian Capture 
 
This chapter builds on the work of Lynam by investigating one of the other six triple-satellite-
aided capture trajectory permutations: the Callisto-Io-perijove-Ganymede sequence, wherein the 
spacecraft performs a double-flyby (Callisto, Io) and then performs an impulsive chemical 
maneuver at perijove before an outbound Ganymede flyby to close the orbit. It refines the 
heuristic reduction methods that Lynam used to find triple-satellite-aided capture sequences and 
it concentrates on finding ballistic trajectories from Earth to Jupiter that would use chemical 
propulsion rather than the low-thrust trajectories that Lynam [25-26] used. The trajectory 
candidate herein features the use of an interplanetary broken-plane maneuver (BPM) to ensure 
that the spacecraft’s original trajectory plane intersects with an Earth encounter and that its final 
trajectory plane is coplanar with the orbits of the Galilean moons. Below, Figure 1 shows a basic 
diagram of how a triple-satellite-aided capture trajectory would look. Note how the final 
trajectory uses a triple flyby to close the orbit, as opposed to the hyperbolic incoming trajectory. 
Also note that the Ganymede flyby, being after perijove, must occur on the “left” side of the 
moon from the perspective of the spacecraft, i.e., this flyby features a negative “BdotT” value, as 





Figure 1: Basic Diagram of a Triple-Satellite-Aided Capture 
A. Flyby Candidate Filtering & Selection 
The first priority in this analysis was to select a suitable candidate from given broad-search 
data and determine what qualities should be found in a “desirable candidate”. This section 
describes the process of identifying desirable qualities in a candidate and filtering the data 
accordingly. Furthermore, desirable qualities for a fully targeted trajectory are identified and 
tabulated. These values will be used later as a general metric of success when examining the 
results of the optimization process. 
1. Candidate Selection Process 
To begin, a suitable candidate was chosen from a collection of approximately twenty 
thousand theoretically feasible capture orbits between the year 2024 and 2034 by sorting 
according to desirable properties. (This collection of trajectories was generated using a similar 
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method to that of Lynam [25-26].) Candidate selection was performed by first choosing to use an 
incoming, rather than outgoing, Earth flyby trajectory and then eliminating all trajectories 
without an equatorial Callisto flyby; this reduced the number of candidates to approximately 
three hundred. All trajectories with incoming Rp’s of less than 3 RJ were then eliminated, as 
lower periapsides would expose the spacecraft to unnecessarily large amounts of radiation from 
Jupiter. Finally, the remaining trajectories were sorted from least to most required interplanetary 
ΔV. These criteria however are not able to account for the ΔV required during the actual triple-
satellite-aided capture, and could not be expected to unless each trajectory candidate was 
analyzed individually, which is not within the scope of this analysis. Instead, the chosen 
candidate will be optimized as much as possible. 
2. Candidate Description 
The chosen candidate’s initial parameters are detailed in Table 1 and Table 2 in Cartesian and 
Keplerian elements respectively. Note that the epochs are given in Gregorian Coordinated 
Universal Time (UTCG) and Modified Julian Date (MJD) respectively. The UTCG epoch is 
more intuitive, but MJD will be used directly in the software, which uses a non-standard 
reference epoch. These conditions represent the untargeted initial guess for the candidate. Later, 
in targeting an optimal trajectory, some of these values will change; these final values will be 
referred to as the targeted initial state. This state will be the point from which the triple-satellite-
aided capture trajectory is propagated forward and the interplanetary transfer trajectory is 
propagated backward; thus, it lies at a point sufficiently far from Jupiter but in the neighborhood. 
It can be thought of as the point at which the spacecraft enters the sphere of influence of Jupiter, 





Table 1: Initial Guess for Jupiter-Centered Cartesian Elements 
Parameter Symbol Value Units 
Epoch [N/A] 2025 FEB 03 02:01:24 UTC G 
X Position X -4589880.285 [km] 
Y Position Y -8789.404 [km] 
Z Position Z -61966.500 [km] 
X Velocity Vx 9.240 [km/s] 
Y Velocity Vy -1.843 [km/s] 
Z Velocity Vz 0.067 [km/s] 
V infinity V∞ 5.622 [km/s] 
 
 
Table 2: Initial Guess for Jupiter-Centered Keplerian Elements 
Parameter Symbol Value Units 
Epoch [N/A] 30709.584 MJD 
Semi-major Axis a -3774011.246 [km] 
Eccentricity e 1.07364 [N/A] 
Inclination i 1.950 [deg] 
RAAN Ω 336.747 [deg] 
AOP ω 347.910 [deg] 
True Anomaly ν 215.465 [deg] 
Hyperbolic Perijove Rp 3.887 [RJ] 
V infinity V∞ 5.622 [km/s] 
 
 
It will be shown that of particular impact on the trajectory’s “desirable qualities” are the 
starting epoch and eccentricity, and inclination to a lesser degree. Some parameters will be 
shown to correlate heavily with changes in particular legs of the trajectory while others will have 
a more subtle influence. 
3. Goal Definitions 
 Prior to any targeting, the GMAT default script was modified as will be discussed in the next 
section, adding the Galilean moons into the simulation environment and creating the necessary 
coordinate systems to accurately display the solution. An initial propagation of the 
approximation candidate yielded a rough triple flyby trajectory through the Jupiter system which 
did not achieve the stated goals, so targeting had to be performed in order to refine the trajectory 
to a usable state. To define “usable state”, some reasonable but adjustable parameters were set as 
targets for the triple flyby trajectory. These target values are detailed in Table 3 below, and 
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represent the features of a feasible, efficient capture sequence to place a spacecraft into a 
desirable two-hundred day equatorial science orbit around Jupiter. It is important to note here: 
recall that the sequence includes a ballistic double flyby, followed by a Jupiter Orbit Insertion 
(JOI) burn at perijove which then allows the spacecraft to ballistically fly by Ganymede for the 
exact assist necessary to place it in a relatively equatorial, closed, two-hundred day Jupiter orbit. 
Table 4 also details the parameters that will be referred to as describing a “desirable”, marketable 
final orbit. These parameters ensure that the final science orbit is useful and that the incoming 
trajectory does not expose the spacecraft to excessive amounts of Jupiter’s radiation. 
 
Table 3: Altitude and ΔV Targets for a Desirable Trajectory 



















Ganymede θ  180.0 [deg] 
 
 
Table 4: Limits and Recommendations for a Desirable Trajectory 
Parameter   Value Units 
Orbital Period (final) ~ 200 [days] 
Inclination (final) ~ 0 [deg] 
Perijove (burn) > 3.0 [RJ] 
 
 
 The flyby altitudes will be fairly low to make the most use of the gravity assists as well as to 
gather science data during close approaches of the moons, especially while passing through the 
volcanic plumes of Io, which can exceed the 300 km targeted periapsis of this mission. The 
“BdotR” values at Callisto and Ganymede are both targeted to be approximately zero; this will 
help ensure that the interplanetary and final trajectories, respectively, are approximately 
equatorial with respect to their central body. The Io flyby will use an off-plane BdotR value to 
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reconcile the resulting inclination differences between the two extremes, using Io’s large gravity 
assist potential in place of the equivalent large ΔV that would be required. The flyby altitudes 
will mainly dictate appropriate “BdotT” values, which are the most influential geometric factor 
in acquiring equivalent ΔV from gravity assist maneuvers. 
B. Trajectory Design & Optimization in GMAT 
In order to generate high-fidelity orbit simulations and formulate optimal conditions for a 
triple-satellite-aided capture maneuver, the NASA General Mission Analysis Tool (hereafter 
referred to as GMAT) software was used. The GMAT software was chosen due to its 
adaptability to such esoteric mission profiles such as that described in this thesis as well as its 
open source availability and computational flexibility and accuracy. While less widely used than 
other similar astrodynamic propagation software like Systems Tool Kit (STK), it is easily 
reconfigured to fit mission specifics (such as addition of the Galilean moons), provides a simple 
GUI and script editing interface, and is capable of interfacing with MATLAB in order to use its 
optimization subroutines, in addition to being freely available in its full-release form online. This 
section describes the setup of this software and special adjustments made in order to properly 
simulate this complex situation. Furthermore, some prerequisite material such as coordinate 
frames will be defined. And finally, the methodology behind building the propagation and 
optimization routines will be explained in detail. 
1. Software Configuration and Setup 
The GMAT software provides a default environment which includes the sun, each of the eight 
planets, Pluto, and the earth’s moon. Additionally, the default scenario includes multiple Earth-
centered coordinate systems and an Earth-orbiting generic spacecraft. For the purposes of a 
Jovian triple-satellite-aided capture trajectory, the default spacecraft can be disposed of in favor 
10 
 
of a customized spacecraft while the Earth-centered coordinate systems can be ignored, but not 
deleted. In order to model the Jovian system and its Galilean moons, additional celestial bodies 
were added with the gravitational parameter, equatorial radius, texture map, and SPICE 
ephemeris data corresponding to each of the four major moons. All interplanetary propagation 
will incorporate gravitational effects of point masses representing the sun, all of the planets, and 
Pluto, while all propagation within the Jovian sphere of influence will incorporate such effects 
from the sun, Jupiter, and the four Galilean moons. To properly display each of the three flyby 
maneuvers and provide relevant orbital parameters, an “orbit view” graphical output window 
was created corresponding to each of the three new moon coordinate systems as well as a 
Jupiter-centered and Sun-centered coordinate systems. Because the Galilean moons must be 
added manually into the simulation environment, their precise radii and gravitational parameters 
were required. These parameters are set according to the values provided in the JPL Solar 




Table 5: Physical Parameters of the Galilean Moons 






Io 5959.916 1821.6 
Europa 3202.739 1560.8 
Ganymede 9887.834 2631.2 
Callisto 7179.289 2410.3 
 
To propagate astrodynamical systems, GMAT employs a numerical integrator which can be 
adjusted with custom integrator types, step sizes, and stopping tolerances (acceptable accuracy), 
among other parameters. As is common practice with close flyby maneuvers, the default 
                                                          
ii
 Planetary Satellite Physical Parameters, JPL Solar System Dynamics, [online],  
http://ssd.jpl.nasa.gov/?sat_phys_par (Accessed: 6 January 2014) 
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“RungeKutta89” integrator was changed to the “PrinceDormand78” integrator, which is 
specifically designed for the required type of adaptive step sizing, yielding higher accuracy as 
the spacecraft approaches the stronger gravitational field close to celestial bodies and higher 
computational speed in interplanetary voids where large steps can be taken. Using these specially 
tailored tools, GMAT was used to refine initial guess parameter approximations into a complete 
orbital profile with precise ΔV and moon body-plane (B-plane) targets based on numerical 
calculation and ephemeris data. It is important to note that with integration techniques that use 
adjustable step sizing, such as PrinceDormand78, safeguards must be inserted into the script to 
stop propagation if the solution breaches the surface of a celestial body, which is treated as a 
point mass. If this is not done and the solution approaches the core of a body, its gravitational 
singularity, the adjustable step size will shrink exponentially and severely hinder the solving 
process. In this situation, such safeguards were accomplished by causing the solver to revert to 
the “JupiterOnly” propagator if the spacecraft was below the surface of a moon. This propagator 
neglected the gravitational effects of the moons and the spacecraft would drift through the moon 
to be reset and that run deleted without slowing down the process. 
2. Definition of Flyby Coordinate System 
Moon flyby maneuvers will be described throughout this analysis using the flyby body plane 
(B-plane) parameters. The parameters of most importance are the “BdotT” and “BdotR” dot 
products (as denoted in GMAT), shown in Figure 2 below, which quantify respectively the 
horizontal and vertical components of the “B” miss radius of the incoming hyperbola. These 
quantities, it will be shown, can be correlated to the change in the spacecraft’s Jupiter-centered 
orbital energy and inclination, respectively. This means that flybys with lower BdotT values will 
serve to drastically change the orbital energy of the spacecraft’s Jupiter-centered orbit while, 
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similarly, high BdotR flybys will drastically change the inclination of the orbit. In this figure, the 
“S” vector is simply the unit vector centered on the moon parallel to the incoming velocity 
asymptote, from which “R” and “T” are orthogonally derived. These vectors, with the miss 
radius, B, and B-plane angle, ϴ, fully describe a celestial flyby.  
 
 
Figure 2: Definition of the B-plane Coordinate System 
 
3. Script Architecture 
To attempt to meet these conditions, initial rough targeting scripts were formulated that aimed 
to determine an initial state that would ballistically complete a suitable flyby of Callisto and Io 
without additional ΔV adjustment. In order to achieve this, it was necessary to identify all 
variables available and examine those whose adjustment would serve to achieve different target 
parameters. By examining the desired mission profile, it became clear that these variables were 
the six Keplerian elements and starting epoch of the flyby trajectory as it enters Jupiter’s sphere 
of influence (SOI), the three flyby altitudes, the JOI burn ΔV magnitude, and the Io B-plane 
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angle. The Jupiter SOI elements were to then be ballistically back-propagated to a broken-plane 
maneuver to flyby Earth. This yielded variables in the interplanetary scenario of time of flight 
(TOF) from Jupiter SOI to the BPM and the three BPM burn Cartesian elements. The BPM burn 
elements and TOF are of importance primarily to the interplanetary cruise scenario. Furthermore, 
the Jupiter SOI-state (or incoming) semi-major axis will greatly influence the interplanetary 
trajectory, but the flyby sequence will be hardly affected by its alteration. Likewise, the Callisto 
flyby will be strongly governed by the incoming state’s epoch, inclination, right-ascension of the 
ascending node, and argument of periapsis; the subsequent Callisto flyby altitude will dictate the 
Io flyby parameters. The subsequent Io flyby altitude and B-plane angle will dictate the 
Ganymede flyby parameters, fully ballistic with the exception of a pure retrograde JOI burn at 
perijove. All of these parameters, with Ganymede’s flyby included, will then determine the final 
orbit’s elements and the most important parameters: the orbital period, Rp, and inclination.  
Because of the somewhat disjoint nature of the effects of the variables in the problem, a 
“nested loop” structure was used to target individual phases of the trajectory, organized as 
follows. The interplanetary and triple flyby trajectories are mostly disjoint, patched only by the 
Keplerian elements at the exact epoch of “initial state” on the Jupiter approach hyperbola as 
defined by the initial guesses. Therefore, to simplify the programming approach, the triple flyby 
was modeled in a forward propagated script while the interplanetary trajectory was modeled in a 
completely separate, backwards propagated script sharing the spacecraft “initial state”. The triple 
flyby trajectory is split into a nested double loop structure, with an internal differential corrector 
loop varying the incoming epoch, inclination, right ascension of the ascending node, and 
argument of periapsis. This inner loop was set to achieve given targets for Callisto and Io flyby 
BdotT and BdotR values. The outer differential corrector loop varied incoming eccentricity and 
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the Io B-plane angle. Each outer loop iteration also ran the inner loop until convergence and then 
propagated the results to perijove where it executed the chosen ΔV and continued propagating to 
Ganymede. There, it attempted to achieve a proper Ganymede flyby altitude to achieve the 
desired final orbital period. It is important to note that in this structure, each iteration of the outer 
loop required a complete convergence cycle of the inner loop, and so the outer loop can require 
considerable time and computational power to converge. The script logic for the triple flyby 
solver is shown the form of a flow chart in Figure 3. 
 
 




4. Optimizer Architecture 
By using a MATLAB script interface, GMAT can solve problems with non-linear constraints 
through an optimization routine included in the MATLAB optimization toolbox, known by the 
handle “FminconOptimizer”. This optimization routine allows GMAT to solve for the orbital 
parameters and flyby altitudes that allow a triple flyby situation requiring the minimum JOI 
maneuver ΔV possible without being given a specific desired ΔV value. This function was used 
also to minimize the deviation from a desired “reasonable” Earth periapsis radius corresponding 
to an Earth escape when targeting Earth during the interplanetary back-propagation phase. This 
was done by varying the semi-major axis of the Jupiter-centered hyperbola until the achieved 
Earth periapsis was “close” to one set by the investigator. Here, “reasonable” refers to a 
trajectory achievable by whatever launch vehicles are available for the mission and is widely 
variable. The details of the launch and escape phase are largely unexamined here as it lies 
beyond the scope of the investigation; as such, the tolerances on the interplanetary optimizer are 
large. However, the capabilities of the upcoming Space Launch System (SLS) and how it could 
be used for such an escape are detailed in a sub-section to follow. The addition of the 
optimization process helps ensure that no solution is selected with largely arbitrarily chosen 
constraints, but that every value within the simulation has been carefully optimized and shown to 
provide the best possible trajectory in terms of minimal propellant usage and adequate flyby 
altitude. The optimizer script logic for the triple flyby and interplanetary trajectories can be seen 










Figure 4: Triple Flyby Trajectory Optimization 
Flow Chart 
 
Figure 5: Interplanetary Trajectory Optimization 
Flow Chart 
 
The flow of the interplanetary trajectory’s script, as shown in Figure 5 consists of only one 
loop which varies the time of flight to BPM, and Jupiter centered semi-major axis at the initial 
state. It then propagated backwards to and executed the BPM before propagating further back to 
achieve an Earth encounter. Backwards propagation is identical to the previously used forward 
propagation, but with negative time-steps. This “split-propagation” scheme, with two scripts 
propagating in opposite directions, allows the two scripts to achieve the two halves of the 
mission independently and meet at a common point in space and time. Such an approach was 
necessary given the complexity of the triple-satellite-aided capture trajectory and its incredible 
sensitivity to initial conditions in contrast to the interplanetary trajectory’s insensitivity to same. 
17 
 
Furthermore, because the interplanetary trajectory exists over such large time and space 
constraints, it is easier for it to target a large range of patch conditions, as required to achieve the 
triple-satellite-aided capture.  
5. Launch Vehicle Considerations 
The most reasonable option for launch and interplanetary injection for such a mission as 
herein described would be through the use of the upcoming NASA Space Launch System (SLS) 
launch vehicle. Currently undergoing design reviews, the SLS will be a versatile new heavy-lift 
launch vehicle operated by the United States for the future of beyond-Earth exploration of all 
varieties. Table 6 details the projected performance for the two main SLS configurations. 
Table 6: SLS Payload Injection Capabilities [32] 










Trans-Mars Injection 11.0 19.50 33.00 
2022 Europa EGA 28.9 12.90 25.10 
2022 Europa Direct 85.4 4.38 8.92 
Jupiter Trojan Belt 90.0 3.96 7.59 
67P/C-G Comet Sample Return 94.3 3.61 6.59 
Saturn/Titan/Enceladus 106.0 2.72 5.12 
Uranus 135.5 1.01 1.48 
 
Current estimates boast that the SLS Block 1 will be able to boost approximately 4.4 metric 
tons into a direct trajectory for Europa interception and Block 1b will be able to similarly inject 
8.9 mt [32]. For reference, Cassini-Huygens weighed approximately 5.7 mt (wet, and with 
Huygens; 2.1 mt dry). Below, find a figure of injected payload vs. C3 characteristic energy for 
both block configurations, compared against the United Launch Alliance (ULA) Delta IV Heavy, 
the current highest-capacity launch vehicle in operation. Not included is the SpaceX Falcon 
Heavy, which would perform between the Delta IV Heavy and the SLS. Note: one can expect 
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that the direct interplanetary trajectory used here will be comparable to the “Europa Direct” data 
point.  
 
Figure 6: SLS Payload vs. C3 Capabilities [32]. 
 
C. Results of GMAT Trajectory Optimization 
With proper setup, the patched, nested-loop optimizer script architecture produced a full 
impulsive trajectory from Earth to a precise triple-satellite-aided Jovian capture using only a 
minimal retrograde perijove maneuver and a single interplanetary broken plane maneuver. The 
mission successfully escaped Earth, cruised to Jupiter and captured using less propellant than 
comparable missions and guarantees science opportunities in the form of close flybys to three of 
the four Galilean moons and Jupiter prior to completion of the first Jupiter orbit and a desirable 
final orbit for the extent of the mission. The analysis concluded with the spacecraft at first 




Achieved mission parameters are detailed below in Tables 5-8; these can be compared to the 
initial guesses and goals as previously detailed in Tables 1-4. It can be seen that some restrictions 
have been relaxed both manually and by the solver routine in order to achieve the ultimate final 
period goal. Most notable is the relaxation of the constraint on the Callisto flyby altitude, 
allowed to fluctuate low in order to converge on the necessary Io flyby to achieve the desired 
Ganymede parameters. 
Table 7: Targeted Initial Jupiter-Centered Cartesian Elements for Triple Flyby 
Parameter Symbol Value Units 
Epoch [N/A] 02 Feb 2025 21:19:19 UTC G 
X Position X -4714128.923 [km] 
Y Position Y 68943.330 [km] 
Z Position Z -60914.940 [km] 
X Velocity Vx 9.078 [km/s] 
Y Velocity Vy -1.970 [km/s] 
Z Velocity Vz 0.060 [km/s] 
V infinity V∞ 5.704 [km/s] 
 
 
Table 8: Targeted Initial Jupiter-Centered Keplerian Elements for Triple Flyby 
Parameter Symbol Value Units 
Epoch [N/A] 30709.388 MJD 
Semi-major Axis a -3894011.246 [km] 
Eccentricity e 1.07342 [N/A] 
Inclination i 1.956 [deg] 
RAAN Ω 336.929 [deg] 
AOP ω 346.780 [deg] 
True Anomaly ν 215.465 [deg] 
Hyperbolic Perijove Rp 3.999 [RJ] 
 
 
Table 9: Achieved Altitudes and ΔV for Triple Flyby 

























Table 10: Achieved Final Orbit Characteristics 
Parameter   Value Units 
Orbital Period (final) 198.913 [days] 
Inclination (final) 2.329 [deg] 
Perijove (JOI) 3.237 [RJ] 
 
 
As shown in Table 9, the optimization sequence was unable to achieve both the desired period 
and the ΔV recommendation within flyby altitude restrictions, and the choice was made to 
sacrifice more propellant in favor of the lower orbital period. However, the perijove at which the 
JOI maneuver is performed is above the desired minimum (of 3 RJ), safeguarding the spacecraft 
from unnecessary radiation exposure. The periapsis altitude of the final orbit, however, was low 
and would require adjustment for a small amount of prograde ΔV at the moment of first 
apoapsis, which has not been modeled here. Such periapsis adjustment has been left to those 
tailoring the mission to their specific objectives. A graphic representation of the capture orbit 
through the Jovian system can be seen in Figure 7. In this figure, the incoming hyperbola 
intersects the orbit of each moon (except Europa) at the point of each respective flyby and the 
spacecraft is captured into a final closed orbit with the apojove out of frame. Each flyby is shown 











Figure 8: GMAT Plots for the Callisto, Io, and Ganymede Flybys Respectively 
 
Back-propagating from the “targeted initial state” given in Tables 5-6, the interplanetary 
transfer trajectory was optimized to provide a suitable Earth escape. The Earth escape parameters 
were somewhat arbitrary and can be adjusted to suit the specific target mission or launch 
capabilities. For the purpose of initial rough targeting, an arbitrary Earth escape from a circular, 
20,000 km orbit was used. The BPM specifics are detailed below in Table 11, as are the Earth 
escape specifics in Table 12. As shown, the BPM requires a total of approximately 12 m/s of ΔV 
to connect the Jupiter state with the Earth state given in Table 12. The resultant Earth V∞ is 







Recalling Table 6 and Figure 6, this C3 is comparable to that of the “2022 Europa Direct” 




, meaning that the SLS Block 1 could inject a probe comparable to 
Cassini into the trajectory described herein. Further, Block 1b could significantly increase this 
injected mass. The interplanetary transfer, Earth and Jupiter intercepts, and BPM location are 
shown in a heliocentric view in Figure 9. 
 
Table 11: BPM Parameters 
Parameter Value Units 
TOF 610.0 [days] 
ΔVx 7.50 [m/s] 
ΔVy -8.36 [m/s] 
ΔVz 3.50 [m/s] 




Table 12: Spacecraft State Just After Earth Escape Maneuver 
Parameter Symbol Value Units 
Epoch [N/A] 29755.579 MJD 
Semi-major Axis a -4655.913 [km] 
Eccentricity e 5.31685 [N/A] 
Inclination i 165.032 [deg] 
RAAN Ω 273.631 [deg] 
AOP ω 181.598 [deg] 
True Anomaly ν 0.000 [deg] 











Figure 9: GMAT Plot of the Interplanetary Transfer and Earth Escape 
The mission is further detailed below in Table 13, a final orbit state at first apojove, where 
this analysis concludes. This state represents the “starting point” for final adjustment to a desired 
science orbit, starting at the first apojove after capture. Also, the entire mission is chronicled in 
Table 14 in the form of a mission timetable covering the events from Earth SOI escape to the 
first apojove. Both mission elapsed time (MET) and coordinated universal time (UTC) are given 
for each event. The full trajectory from Earth escape maneuver to first apojove takes a total of 
approximately 2.9 years to complete.  
Table 13: Achieved Jupiter-Centered Keplerian Elements at First Apojove 
Parameter Symbol Value Units 
Epoch [N/A] 30813.663 MJD 
Semi-major Axis a 9823607.400 [km] 
Eccentricity e 0.98388 [N/A] 
Inclination i 2.329 [deg] 
RAAN Ω 8.044 [deg] 
AOP ω 317.780 [deg] 
True Anomaly ν 180.000 [deg] 
Perijove Rp 2.215 [RJ] 
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Table 14: Timetable of Important Mission Events 
Event MET (T+) UTC Time 
Earth Escape Maneuver 0/00:00:00 25 Jun 2022 01:53:32 
SC Leaves Earth SOI 1/03:17:59 26 Jun 2022 05:11:31 
BPM Performed 501/09:09:01 08 Nov 2023 11:02:34 
SC Enters Jupiter SOI 878/04:38:27 19 Nov 2024 06:31:59 
Callisto Periapsis 957/00:11:48 06 Feb 2025 02:05:20 
Io Periapsis 958/05:09:06 07 Feb 2025 07:02:38 
JOI Maneuver 958/09:35:35 07 Feb 2025 11:29:08 
Ganymede Periapsis 959/02:01:04 08 Feb 2025 03:54:36 
First Apojove 1058/02:00:34 18 May 2025 03:54:06 
D. Conclusions 
This approach was designed to function for a variety of initial states leading to a Callisto-Io-
perijove-Ganymede flyby sequence. With the inclusion of an optimized broken plane maneuver, 
the total interplanetary and capture ΔV for this mission was 275.8 m/s, as compared to 330 m/s 
for a Ganymede-Io-JOI double-satellite-aided capture. In the future, the scripts generated here 
can be used to find additional triple flyby missions to Jupiter by choosing any of the unused 
initial guesses in different time windows than the one refined here. Additionally, the sequence 
can be altered to solve for the other triple flyby scenarios such as Callisto-Ganymede-Io triple 
flybys.  
As was shown in this chapter, this particular mission scenario allows for multiple close flybys 
of Galilean moons, which provide the opportunity to perform large amounts of scientific 
observation during close approach, especially through the volcanic plumes of Io. Additionally, 
the triple flyby maneuver allows for a fuel-efficient entry into the Jovian system which has not 
been accomplished thus far. However, this scenario could greatly benefit from a longer multiple-
flyby or low-thrust tour of the inner solar system before arrival at Jupiter, akin to the mission of 
the Juno spacecraft. Further refinement of this mission may include such elements to produce a 
fully efficient, albeit longer, low-thrust mission from Earth to Jupiter on minimal resources to 
achieve maximum science. However, the impulsive mission described here requires minimal 
25 
 
propellant after detachment from the launch vehicle after Earth escape. Furthermore, the elapsed 
time between Earth escape and Jupiter capture (at Ganymede) is only 2.6 years, which is 
considerably shorter than comparable mission designs. In the next chapter, the mission described 






Chapter 2: Navigation and Guidance of a Triple Flyby Jovian Capture 
 As previously described, satellite-aided captures involve the use of gravity-assist flybys of a 
satellite or satellites to reduce the orbital energy of a spacecraft such that it becomes captured by 
the host planet. Sometimes, the spacecraft can be captured solely by the flyby(s), but often an 
insertion burn is needed to complete the capture. This capture strategy can be compared to 
typical orbital insertion which closes the incoming hyperbola with a single retrograde burn at 
periapsis. Satellite-aided capture maneuvers make use of a satellite’s large gravity to 
significantly reduce the magnitude of the insertion burn or eliminate the need for one entirely 
[13,33]. These maneuvers are applicable to any sizable planetary moon system, but are of 
particular interest in the Jupiter system wherein the four Galilean moons provide large gravity-
assist potential, are in a predictable resonance pattern, and are of relevant scientific interest 
[22,34-36]. Double-, triple- and rare quadruple-satellite-aided capture opportunities have been 
predicted and examined by Lynam [25-27]. A preliminary navigation analysis of double and 
triple-satellite-aided capture trajectories was performed by Lynam and Longuski [24]. They 
demonstrated that trajectory correction maneuvers are needed to successfully navigate triple-
satellite-aided capture trajectories. Chapter 1 examined and targeted a particular triple-satellite-
aided capture trajectory that encountered Jupiter’s Galilean moons Callisto, Io and Ganymede, 
and included a retrograde insertion maneuver at perijove (before the Ganymede encounter) [37-
38]. This trajectory was modeled without navigation errors and was purely ballistic, except for 
the main impulsive perijove maneuver. It was found that the Io, and especially Ganymede, flybys 
were sensitive to initial conditions, and the question of navigational feasibility arose. Similar 
work by Patrick and Lynam examined a similar maneuver, but with a different Galilean moon 
encounter sequence, and more importantly, made use of low-thrust solar electric propulsion 
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(SEP) [39]. Further such work showed marked improvement, but still suffered from navigational 
ambiguity that may benefit from the analysis herein described [40]. 
This chapter further investigates the Callisto-Io-JOI-Ganymede (CIJG) sequence formulated 
by Didion and Lynam and detailed in the previous chapter [37-38]. Through building a new, 
original, more flexible model written in MATLAB, the navigational limitations of the NASA 
General Mission Analysis Tool (GMAT) were eliminated and computation times were 
decreased. Moreover, access to tailored data, such as the state transition matrix (STM), was 
facilitated. Spacecraft position and velocity errors were modeled pseudo-randomly along with 
similar ephemeris knowledge errors pertaining to each Galilean moon. The insertion maneuver 
was given an error model according to Wagner and Goodson, which was also applied to new 
trajectory correction maneuvers [41]. The TCMs were used to correct the propagated pseudo-
random errors, and each piece of data was carefully collected. An outer Monte Carlo repetition 
loop ensured that each of thousands of mission simulations were sufficiently randomized and 
cataloged. This data was then collated and/or averaged for detailed analysis. 
A. System Modeling in MATLAB 
 
 The previous GMAT model had much utility in ease of use and detailed graphics, which 
made it very suitable for prototyping the triple-satellite-aided capture trajectory. However, the 
built-in features suffered from long computational times and the difficulty in stopping the 
integrator to extract data, partially due to the complexity of this trajectory. It was decided that a 
MATLAB model, built in-house and starting from nothing, would be more adaptable and 
accessible. With this new model, pseudo-random errors could be injected at specific times and 
the STM could be carried and used to target TCMs and correct the trajectory.  
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 A model was built in MATLAB which made use of the ode113 differential equation solver to 
integrate the seven-body Jovian dynamical system through time. In Jupiter-centered coordinates, 
the four Galilean moons and the sun propagated according to ephemeris checks for each time-
step. The four moons, the sun, and Jupiter formed the gravitational model, with a spacecraft of 
negligible mass as the seventh body. For reference, the definitions of the B-plane dot-products 
are reiterated below in Figure 10. 
 
Figure 10: Definition of the B-plane Dot Products 
1. Equations of Motion and Initial State 
The spacecraft began at a similar initial state as previously determined by the GMAT model 
in Chapter 1. Table 15 below details the Jupiter-centered coordinates, reflecting a slight 
optimization difference, and targeting a 300 rather than 200 day final period [37-38]. The epoch 
was February 3, 2025, 02:30:30.595. 
 
Table 15: Spacecraft Initial State, Jupiter-Centered Ecliptic J2000 
  x y z 
Position [km] -4568345.274 1030.943 -60834.882 
Velocity [km/s] 9.248 -1.868 0.064 
 
The model was propagated using the 3-body equations of motion as described by Vallado, 
which were adjusted for seven bodies [42]. This was done simply by adding more terms for each 
gravitational source and caused negligible additional complexity because it assumes the 
spacecraft has no gravity of its own and the celestial bodies are “on rails”, or do not experience 




         
       
       
      
     
        
 
    
      
  
 





In Equation 1, “SC” denotes a quantity pertaining to the spacecraft, “J” for Jupiter, and “i” for 
each third body; e.g. terms such as “SC-i” denote quantities pertaining to a third body in relation 
to the spacecraft. This equation describes how the spacecraft accelerates in response to the 
gravity of Jupiter and each of the “third bodies”. In this case, the term for a third body was 
repeated a total of five times using the parameters for the sun and each of the four Galilean 
moons respectively. This served as the differential equation for the ode113 integrator, solving for 
the trajectory of the spacecraft with time as it traveled through the system. 
2. The State Transition Matrix 
Each integration step propagated the state of the spacecraft (six elements) as well as an STM 
which incorporated the errors for each body, allowing for easy propagation of inserted errors as 
described in the next section. Equation 2 shows how the STM, denoted Φ, updates the system 
state with respect to the initial state. 
                      (2) 
   
In row form, the array handled by ode113 was a 1x330 row vector, which was reduced to a 
1x324 vector after separating the STM from the first six entries that represent the spacecraft 
state. This could then be easily reshaped into the 18x18 STM (Equation 3), as it was used in the 


















      
  
       
  
       
   
      
   
       
   
       
  
       
  
       
   
       
   
       
   
      
   
       
   
       
   
      
   
       
   
       
   
      
   
       
   
       
   
       
   
       
   
       
   
       
   
       
   






































   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  
   
  





















 Equation 4 exposes the details of the first block of the STM as written in Equation 3. Here, 
the spacecraft state (3-D position and velocity) is represented by X, and each Galilean moon is 
represented by the first two letters of its name. It is important to note that in practice, many of 
these blocks will become zero or one, while some will contain content of actual use. For 
example, the correlation between a moon’s position and itself is the identity matrix, and that of a 
moon with another is zero. This means that only the top row of blocks in Equation 3 will have 
significant content, as they represent the effect of the celestial bodies (and the spacecraft itself) 
on the spacecraft state. Because the entire problem is set in Jupiter-centered coordinates, the 
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partial derivative term represented by Equation 4 not only embodies the motion of the spacecraft, 
but also the influence on it by Jupiter’s gravity well. 
B. Insertion of Errors & Corrections 
The trajectory was split into mission “phases”, defined as branches between specific points of 
interest at which the integration paused. In the scheme used here, the pauses represented an 
instant in which several simultaneous, instantaneous processes took place. Pauses were enforced 
by an “events” function inserted into the ode113 options, and took place at critical points such as 
periapsides, as follows: initial state, Callisto periapsis, Io periapsis, Jupiter periapsis, Ganymede 
periapsis, arbitrary point outside Ganymede’s influence, Jupiter apoapsis. At each pause, the 
spacecraft gained instantaneous knowledge of its state and the bodies around it, which it used to 
target TCMs and correct the next phase of the trajectory when appropriate. Once targeted, the 
TCMs were instantaneously executed before the end of the pause. All of these pieces of 
knowledge, as well as the TCM execution itself, were subject to error, as is explained in the 
following sub-sections.  
1. State Errors, Ephemeris Errors, and Delta-DOR 
At each pause, appropriate state errors were determined for the situation before integration 
resumed; these represent knowledge errors in the spacecraft’s position and velocity as well as 
ephemeris errors for the position of each Galilean moon. The errors were implemented using a 
call of “randn” for each value each time, multiplying the randn result by a “reasonable” standard 
deviation value for each error, as detailed below in Table 16. It was assumed that radiometric 
navigation could provide sufficient trajectory knowledge to reduce the initial state uncertainty to 
that level. The errors on the moons’ positions represent the uncertainty of our present ephemeris 
knowledge of the Galilean moons. 
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Table 16: Standard Deviations for State Errors 
  Position [km] Velocity [mm/s] 
SC δx δy δz δu δv δw 
Initial State 3.0 1.0 3.0 1.0 1.0 1.0 
Other 0.1 0.1 0.1 1.0 1.0 1.0 
Moons 
      Departure 0.1 0.1 0.1 
   Arrival 5.0 5.0 5.0 
    
 
For each pause, there were six errors applied to the spacecraft state and three position errors 
applied to each applicable moon. The spacecraft state error was assumed to be large at the initial 
state and an order of magnitude smaller at all other pauses. At each pause, the values in the lower 
half of Table 16 detail the smaller errors at the moon currently being departed and larger errors 
for the next to be encountered, e.g. at the pause at Callisto periapsis, there is a small error on 
Callisto’s position and a large error on Io’s position. Likewise, the pause at Ganymede periapsis 
experienced small error in Ganymede’s position, but no “arrival” error, because the next pause 
point is in open Jovian space. Once a vector of reasonable errors was determined, it was 
multiplied by the propagated STM from the previous integration and the spacecraft state was 
updated to reflect the error. This new state was the state plotted and used for the next integration. 
Note that the δx and δz component of initial state position error are three times the δy 
component. This error represents the influence of error inherent in Delta-Differential One-Way 
Ranging (Delta-DOR) navigation for the interplanetary phase. Delta-DOR ranging, which uses 
the Deep Space Network (DSN) for Very-Long-Baseline Interferometry (VLBI), is subject to 
more error in the plane normal to the vector connecting Earth and the spacecraft, and much less 
in the range direction. This measurement is performed by measuring the angular movement of 
the spacecraft and Earth, and comparing against a stationary distant celestial object, like a 




Figure 11: Example Delta-DOR Setup 
Current techniques, as described by Curkendall and Border, boast the ability to reduce Delta-
DOR errors to less than one nanoradian (in ideal conditions) and around two nanoradians 
consistently, which translate to approximately 0.8 km and 1.6 km respectively at the range in 
question [43]. This value was conservatively increased to 2.5 nanoradians for this analysis, or 
about 2 km. This is added to an optimistic 1 km in Jupiter ephemeris error, which assumes the 
successful characterization of the Jupiter system ephemeris by Juno, to produce the tabulated 
values.  
2. B-Plane Targeting & TCMs 
At Callisto periapsis, a TCM was used to ensure the next arrival at Io was in the required area 
of the Io B-plane in order to achieve the desired flyby, i.e. matching the desired B-plane dot 
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products:     and    . Here S is the B-plane normal, T corresponds to the moon’s equator, 
normal to S and in the B-plane, and      . Likewise, the composite JOI maneuver was 
targeted to properly intercept Ganymede’s B-plane. To achieve this, the Callisto periapsis pause 
and the JOI pause featured B-plane targeting loops which would apply a “guess” TCM, 
propagate until arrival, calculate the B-plane, and repeat with a new TCM depending on an 
objective function until agreement with desired values was reached. The objective function logic 
is explained below in Equations 5-8, given the B-plane dot products and derivatives from 
geometry, where Φ is the STM as previously described and X is the spacecraft state. 
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In Equation 5, an objective function F was set up, representing the difference between the 
desired, nominal (nom) B-plane dot products and the actual values achieved. This objective 
function ultimately determined when the target was reached and the targeting loop could end. 
Equation 6 represented state derivatives as extracted from the STM, which were needed to take 
the derivative of F, as calculated in Equation 7. Finally, in Equation 8, the TCM was updated 
with a new “guess”, according to a function of the derivative of the objective function with the 
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change in TCM components. This logic then repeated, integrating from the same state with the 
new TCM, calculating the B-plane parameters each time until both values of the F matrix were 
lower than an applied tolerance; in this case, the tolerance used was one meter. This entire 
process served to both target the necessary ideal TCMs and to correct position and velocity error 
as inserted previously. However, these maneuvers were still subject to error themselves, as 
described in the next sub-section. 
3. Maneuver Execution Error Modeling 
Maneuver execution error was applied onto each TCM as well as the JOI maneuver and was 
based on the maneuver error model analyzed by Wagner and Goodson [41]. This model provides 
proportional and fixed error magnitudes describing Cassini’s main engine assembly (MEA) and 
reaction control system (RCS) propulsion methods. The error for TCMs 1 and 2 (Callisto 
periapsis and post-Ganymede respectively) were modeled using the RCS values, while the JOI 
composite maneuver was modeled using the MEA values as shown in Table 17. These values 
represent the standard deviation values and errors are applied by multiplying a randn call by the 
model equation (Equation 9) and adding them vectorially onto the ideal maneuvers. The equation 
is also given below, with σ1 being the fixed values, σ2 being the proportional values, and y being 
the magnitude of the nominal maneuver. 
 
Table 17: Cassini 2007-02 Maneuver Execution Error Model [39] 
    MEA RCS 
Magnitude Proportional [%] 0.02 1.2 
  Fixed [mm/s] 5.0 0.8 
Pointing Proportional [mrad] 0.6 5.5 





                    
      
  (9) 
   
This analysis leads to the following: Equations 10-13, with “mag”, “point1”, and “point2” 
forming an orthogonal set representing the magnitude error, in the direction of the nominal 
maneuver, and two pointing errors, oriented at right angles to the maneuver direction,    . These 
equations are used similarly when calculating the TCM errors with the RCS values, wherein the 
“yJOI” would be replaced by “yTCM”, the magnitude of the nominal TCM, etc. 
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(13) 
   
In these equations, the unit vectors can be described by relations in Equation 14, where   is 
the vertical direction unit vector. 
 
     
        
          
,                ,                    
 
(14) 
The result of Equation 14 was then added onto the nominal maneuver and propagation 
continued. This occurred using the appropriate values from Table 17 for each of the two TCMs 




C. Statistical Modeling via Monte Carlo Simulation 
In order to determine the stochastic robustness of this mission profile and ultimately 
determine its average sensitivity to reasonable perturbations, a Monte Carlo simulation scheme 
was developed to repeat the MATLAB script several thousand times, each with new pseudo-
random perturbations. This scheme was implemented by creating a simple frame script which 
randomizes the “randstream” seed variable based on the current clock time and the mt19937ar 
(Mersenne Twister) algorithm, ensuring that each repeated run receives legitimately different 
pseudo-random values for continued calls of randn. Without this measure, it would be unclear 
whether the randstream was being reused for continued runs conducted in a single session. The 
repetition script set up a while loop which ran until a set time of day (usually overnight), 
repeatedly running the simulation function and appending a vector of mission data onto a large 
array. This large array was then saved into a .mat file and an excel spreadsheet for thorough 
statistical post-processing. 
D. Results of MATLAB Trajectory Modeling 
This section discusses the outcome of performing the triple-satellite-aided capture sequence in 
the complete Jovian system model in MATLAB. First, data is presented to verify that without 
perturbations, a nominal trajectory through this sequence matched, within reasonable tolerance, 
the GMAT trajectory of the same initial conditions and given maneuvers. Second, the results of 
the Monte Carlo repetition of the script, with pseudo-random perturbations injected at the 
appropriate points, are presented and discussed. Data on the statistical distributions of physical 
trajectory parameters are presented, with graphical representations of each of the individual 
moons’ flyby B-planes. 
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1. Verification of the MATLAB Model & Nominal Characteristics 
The new MATLAB model was verified for accuracy against the previously used GMAT 
model before proceeding. This was done by giving the MATLAB model the full set of initial 
spacecraft conditions, the set JOI magnitude, and the ephemeris epoch used in the GMAT model. 
The spacecraft was then allowed to freely propagate through the nominal trajectory without any 
perturbations, targeting, or trajectory correction. At the end, the position of the spacecraft during 
flybys was compared to the GMAT model. The radial error at Callisto was 0.10%, which when 
left to ballistically propagate without errors or correction led to a 2.67% radial error at 
Ganymede closest approach. The final period was 295.271 days, within 5 days of the 300 day 
target. This error was deemed acceptable, and analysis continued with the new MATLAB model. 
Below, in Table 18, are the “expected” nominal trajectory parameters for the mission (from 
GMAT), against which will later be compared the average values of the Monte Carlo simulation.  
Table 18: Expected Nominal Parameters from GMAT Model 
Parameter Value Unit 
Callisto Alt. 505.0 [km] 
Io Alt. 282.0 [km] 
Ganymede Alt. 98.5 [km] 
Perijove Radius 3.3 [RJ] 
JOI 253.0 [m/s] 
Final Period 300.0 [day] 
 
 
2. Monte Carlo Statistical Characteristics 
Using the Monte Carlo repetition frame script previously described, a total of 1887 mission 
runs were completed and all relevant values were catalogued. Brief post-processing of the data in 
both Excel and MATLAB confirmed that of the 1887 runs, not a single case resulted in failure, 
i.e., no run failed to converge, and no trajectory intersected the surface of a moon, used excessive 
ΔV, or failed to achieve the desired 300 day final orbital period. Furthermore, the data collected 
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was analyzed to extract the statistical properties of each individual quantity of interest, including 
the minimum, maximum, range, and standard deviation of each flyby radius/altitude, B-plane 
parameters, final period, and TCM and JOI magnitudes. Below in Figure 12 is an example 
trajectory, a single run through the triple-satellite-aided capture sequence showing the locations 
of each of the flybys at the time of closest approach, apojove is not shown. All integration pauses 
are marked with an X, moons with a circle, and Jupiter with a star. Note the post-Ganymede 
TCM pause that does not coincide with a flyby, and the JOI pause at perijove. On this scale, all 
of the Monte Carlo runs would look exactly like Figure 12. Figure 13 is the very same trajectory, 
but zoomed to more precisely detail the individual mission phases. 
 





Figure 13: Example Callisto-Io-Ganymede Trajectory, Jupiter-Centered Coordinates, Zoomed 
Because the initial state was subject to errors in the positions and velocities of Jupiter, 
Callisto, and the spacecraft, and it did not receive a TCM before the ballistic approach to 
Callisto, the Callisto flyby experienced the greatest spread in B-plane parameter error. However, 
the errors experienced were still relatively small, and the Callisto periapsis TCM was performed 
afterwards, beginning the navigation and ensuring smaller errors for the subsequent mission 
phases. Below, Table 19 details the statistical properties of the Callisto flyby, while Figure 14 







Table 19: Callisto Flyby Statistical Properties 
  Rp Altp BdotR BdotT B Angle 
Average 2918.20 507.90 -2.21 2962.57 -0.04 
Min.  2899.49 489.19 -19.96 2943.86 -0.39 
Max 2936.18 525.88 15.91 2980.55 0.31 
Range 36.69 36.69 35.88 36.69 0.69 
Std. Dev. 5.29 
 
5.69 5.29 0.11 
 




Figure 14: Callisto B-Plane Scatter, with 1-σ and 3-σ Error Ellipses 
Note from Table 20 that the range in Callisto flyby altitude was still only 36.69 km, with a 
very safe minimum altitude of 489.19 km. Furthermore, the B-plane angle achieves an average 
of -0.04 deg, very close to the desired 0 degree planar flyby. Similarly, the Io flyby was analyzed 




Table 20: Io Flyby Statistical Properties 
  Rp Altp BdotR BdotT B Angle 
Average 2112.70 291.10 -964.54 1902.65 -26.88 
Min.  2093.82 272.22 -983.64 1884.19 -27.37 
Max 2129.44 307.84 -946.15 1917.99 -26.39 
Range 35.62 35.62 37.49 33.80 0.98 
Std. Dev. 5.19 
 
5.25 5.19 0.14 




Figure 15: Io B-plane Scatter, with 1-σ and 3-σ Error Ellipses 
Because the Callisto periapsis TCM served to target the Io flyby, the spread here was much 
more controlled, with an altitude range of 35.62 km and a safe minimum altitude of 272.22 km. 
Note that the Callisto periapsis TCM targeted a specific Io B-plane angle in order to reach a 
suitable inclination to reach Ganymede. The angle here was very consistent around the average 
of -26.88 deg with a range of only 0.98 deg. A similar set of data is presented for the Ganymede 
flyby, after the composite JOI maneuver, below in Table 21 and Figure 16. 
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Table 21: Ganymede Flyby Statistical Properties 
  Rp Altp BdotR BdotT B Angle 
Average 2729.70 98.50 512.47 -2731.34 169.37 
Min.  2709.88 78.68 494.28 -2752.09 168.94 
Max 2749.70 118.50 532.11 -2711.10 169.74 
Range 39.82 39.82 37.83 40.99 0.80 
Std. Dev. 5.69 
 
5.01 5.75 0.10 




Figure 16: Ganymede B-plane Scatter, with 1-σ and 3-σ Error Ellipses 
The Ganymede flyby spread is relatively controlled in    , but varies slightly more in    , 
with ranges of 37.83 km and 40.99 km respectively, lending to a noticeable oblateness in the 
error ellipses. This is, however, not a significant issue because the Ganymede flyby is not critical 
for targeting subsequent flybys like the previous ones. The flyby is successful as it receives 
sizable gravity assist without approaching dangerously close; and the following TCM 2 can 
easily correct these errors to target the appropriate apojove. TCM 2 is essentially a JOI cleanup 
44 
 
maneuver, so it is not required to safely navigate the flybys. However, the subsequent Jupiter 
satellite tour would require it to efficiently target the first flyby after capture. 
The script recorded all of the components for each maneuver, and through post-processing the 
statistical properties were extracted for each component. Additionally, the mission ΔV was 
recorded and analyzed similarly. The reduced statistical maneuver data can be examined below 
in Table 22.  
Table 22: Statistical Maneuver Data [m/s] 




  ΔVx ΔVy ΔVz ΔVx ΔVy ΔVz ΔVx ΔVy ΔVz 
Average 0.003 -0.001 0.010 -122.616 -221.027 -8.767 -1.217 -0.388 2.695 
Min.  -0.948 -0.243 -1.456 -122.689 -221.070 -8.770 -13.536 -2.873 1.216 
Max. 1.012 0.196 1.370 -122.538 -220.986 -8.763 10.225 1.888 4.110 
Range 1.960 0.439 2.827 0.151 0.083 0.007 23.761 4.761 2.894 
Std. Dev. 0.319 0.070 0.466 0.022 0.012 0.001 3.707 0.737 0.431 
 
TCM 2 (post-Ganymede) Apojove Period Match 
 
Mission ΔV 
  ΔVx ΔVy ΔVz ΔVx ΔVy ΔVz Magnitude 
Average -0.070 0.163 0.011 -0.002 -0.004 0.000 264.023 
Min.  -12.601 -33.945 -1.755 -0.642 -0.906 -0.089 254.009 
Max. 11.190 36.649 1.667 0.616 0.851 0.094 302.761 
Range 23.790 70.595 3.422 1.257 1.757 0.183 48.753 
Std. Dev. 3.677 11.232 0.507 0.207 0.286 0.025 7.740 
 
This table details the average, minimum, maximum, range, and standard deviations of each 
component of each maneuver in m/s. It is important to note that these are the bounds of each 
component, and do not correspond to a particular maneuver instance. A histogram showing 




Figure 17: Mission ΔV Histogram 
As is shown, the mission ΔV probability distribution was heavily skewed to the low end, but 
covered a sizable range, from a minimum of 254.009 m/s to the 99
th
 percentile value of 288.938 
m/s (with a few outliers above that value). However, the average was 264.023 m/s, the median 
was 262.096 m/s, and the probability distribution peaked at an expected mission ΔV value of 
256.276 m/s, representing 152 runs, approximately 8% of the total 1887. This further 
demonstrates the trend toward a favorably low mission ΔV, with the extreme maximum having a 
very rare chance of occurrence when unfavorable perturbations combined, resulting in only two 
of the 1887 runs requiring a ΔV of more than 300 m/s. Furthermore, because the ideal post-
Ganymede TCM experienced no execution error, it had no issue achieving the 295.271 day 
period of the nominal MATLAB trajectory, with a range and standard deviation on the order of 






































































































































As a general measure of success, the Monte Carlo simulation experienced no fatal script 
errors and no instances of a sub-surface flyby. The statistical properties of the mission ΔV 
requirements were consistent and favorable, demonstrating that the mission is feasibly navigable 
given reasonable errors. Perturbations did not, in any case, cause extreme course deviations that 
cannot be corrected with modest trajectory corrections. As will be discussed in the following 
sections, the results fall within expected boundaries and represent an efficient, desirable mission 
design for Jovian capture which can be used for missions with various means and ends. The 
method employed is rigorous and adjustable, statistically stable and theoretically sound. The 
method can be altered at nearly any time, and even the results described herein represent a 
marginal improvement upon the original published results [44]. 
1. ΔV Comparison 
The flyby sequence examined here was a triple-satellite-aided capture with a perijove radius 
of approximately 3.3 RJ, yielding a median mission ΔV of 262.096 m/s and median adjusted JOI 
magnitude of 253.709 m/s. This approximately fits in the preliminary navigation findings of 
Lynam and Longuski, as shown by their representative data shown in Table 23, which claimed a 
best-case triple-flyby JOI of 245 m/s with a perijove of 3 RJ. 
 
Table 23: JOI ΔV [m/s] for best Jupiter Capture at various RJ [24] 
Flyby Sequences 5 RJ 4 RJ 3 RJ 2 RJ 1 RJ 
Unaided 825 735 641 524 371 
Best Single 556 526 483 416 308 
Best Double 330 340 333 299 228 
Best Triple 202 232 245 234 190 





These data further suggest that triple-satellite-aided captures may arguably provide the best 
opportunities for entry into the Jovian system. This is partially due to the non-existence of 
quadruple flyby sequences with reasonable perijove radii; a perijove radius of less than 3 RJ 
would experience intense radiation from Jupiter, making only the first three columns of data 
worth considering. Of these, the triple-flyby sequence clearly provides substantial ΔV reduction 
over other methods of capture.  
2. Adaptability 
Because the MATLAB model is all original script, written functionally and with an adaptive 
step size ode113 integrator, it can be easily modified to similarly examine different flyby 
sequences and even use low-thrust SEP. Such work has been examined in other existing software 
packages by Patrick and Lynam [39,40].
 
This method allows for alteration of all spacecraft initial 
conditions, allowing for various modes of interplanetary intercept, rather than the simple near-
Hohmann transfer employed to reach the initial state in this mission profile. By altering the 
interplanetary course, flyby encounter order, propulsion method and flyby safety margins, the 
capture could be further optimized for absolute minimal ΔV or for a particular science schedule. 
This being said, further investigation would be required in order to determine if SEP would 
indeed be capable of performing the necessary corrections under the influence of the applied 







 Annual Global Trajectory Optimisation Competition 
 
This chapter represents the problem provided for a competition and the methodology used by 
Dr. Alfred Lynam and his two students, Sean Patrick and the author, Alan Didion to solve the 
problem, as well as the relevant results. The problem was written by a team at NASA Jet 
Propulsion Laboratory (JPL) led by Anastassios Petropoulos, and teams were given one month to 
generate the best solution possible. Competing teams included engineers, research scientists, and 
students from 18 universities, companies, and government agencies from across the globe. The 
material comprising this chapter was originally submitted under the title: “Application of 
Resonant Orbits in Conjunction with Lunar Flybys in Low-Thrust Mission Design”. More 
information, including the problem statement and competition history, can be located at the 
GTOC8 web portal.
iii
 Much of the problem statement information contained herein is drawn 
from the given prompt for the competition [45].  
The use of Very-Long-Baseline Interferometry (VLBI) in radio astronomy allows for superior 
angular resolution than other techniques. For the 8
th
 Global Trajectory Optimisation Competition 
(GTOC8), a group at JPL has organized a problem involving three spacecraft that are to be used 
for high resolution mapping of radio sources using VLBI. The problem focuses on optimizing 
low-thrust maneuvers to place these three spacecraft into simple formations so as to map the 
given radio sources. For this problem Lynam et al. have developed optimized trajectories 
through original scripts written in MATLAB. 
In this project, the author was specifically tasked with designing and implementing all 
software to be used for testing ideas, simulating the mission, and sorting and scoring the 
resulting data. The author wrote a frame script and several functions from scratch in MATLAB 
                                                          
iii
 Global Trajectory Optimisation Competition Portal, [online], 
http://sophia.estec.esa.int/gtoc_portal/?page_id=560  (Accessed: 26 May 2015) 
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and used these to develop and solve the trajectory ideas conceived and designed by Lynam and 
Patrick, which ranged from basic, short-term, low-fidelity simulations to visualize a mission 
concept to fully-functional, high-fidelity simulation and optimization programs to produce a 
finished product.  
A. Problem Description & Scoring 
For this year’s problem, the scenario began with three spacecraft, collocated in a circular orbit 
with an altitude of 400 km inside the ecliptic plane, positioned on the x-axis at the starting epoch. 
The spacecraft each have two propulsion systems, a chemical propulsion system with a total ΔV 
capacity of up to 3 km/s and an Isp of 450 s and a low-thrust system with Isp of 5000 s and a 
maximum thrust of 0.1 N. The chemical propulsion system may only be fired once, and it must 
be fired before the low-thrust system can be used; however, it need not use all 3 km/s of 
available ΔV. In addition, the impulsive ΔV must occur between MJD 58849.0 and 58880.0 and 
the mission had to end within three years. Each spacecraft could be up to 4000 kg, of which 1890 
kg was dry mass.  
The purpose of this three-spacecraft constellation was to form a large triangle, the normal 
vector of which would represent a VLBI measurement boresight vector. Throughout the mission, 
the measurement vector would sweep across the sky, as governed by the movement of the 
satellite constellation, and its (geocentric) direction compared to a list of 420 given radio sources. 
If at any time the vector were to cross a source to within 0.1 degrees, a measurement would be 
counted. Measurements were required to have a 15 minute cool-down, to account for slewing 




Figure 18: Diagram of an Example VLBI Measurement 
As shown in Figure 18, one of the scoring parameters for a measurement was the maximum 
altitude, h, of the VLBI triangle at the moment a measurement was counted. Recall, an altitude of 
a triangle is a distance from a vertex to a perpendicular side, and every triangle has three such 
quantities, which here correspond to the three spacecraft, A, B, and C. In order to be a valid 
measurement, the maximum altitude had to be greater or equal to 10,000 km. The triangle 
normal, n, is calculated using the geocentric radius vectors of the three spacecraft, as shown 
below in Equation 15. The +/- reminds the investigator that the triangle can have a normal and an 
anti-normal vector and that both should be checked for source matches.  
 
                      (15) 
 




 Equation 16 describes how source vectors, s, are calculated from the given data for 
declination and right ascension of the sources, denoted by δ and α respectively. These two 
equations can then be compared by taking the inverse cosine of the dot product between them. If 
this angle is less than 0.1 degrees, the match is counted as valid. Equation 17 below shows this 
operation. 
               (17) 
 
 Furthermore, repeat observations were rewarded with a repeat observation factor, P, which 
has complex behavior as follows: 
 
– First valid observation of a unique source: P = 1 
– Second observation of a source, if the maximum altitude is at least three times the 
previous: P = 3, else: P = 1 
– Third observation of a source, if the maximum altitude is at least six times that of the 
second: P = 6, 
– if the maximum altitude is at least three times that of the second: P = 3, else: P = 1 
– Fourth or greater observation of a source: P = 0 
 
The scoring algorithm is detailed below in Equation 18, where J is the total score of the 
mission as a whole. P is the repeat observation factor and h is the VLBI triangle’s maximum 





                  
   




Further rules governing the mission design included that the spacecraft orbital radii must all 
remain between 6578.14 km and 1000000.0 km and that the dynamical model include only 
gravitational influence from the Earth, neglecting the sun and moon, as will be shown in the next 
section. Any and all flybys of the moon were to be treated as instantaneous, modeled with 
patched-conics and assumed to occur at the position of the center of the moon; this will also be 
discussed in the following section. 
B. Given Conditions and Dynamical Model 
 In addition to the given constraints on mission specifics, the simulation environment was 
rigidly prescribed as described herein. To begin, the necessary global physical constants were 
defined as in Table 24 below. This allowed all submitted solutions to be graded on the same 
metric, as these values can occasionally differ based on the preferred source of the author or over 
time through improved observations.  
Table 24: Given Physical Constants 
Parameter Symbol Value Unit 
Gravitational Parameter, Earth μ 398600.4329 [km3/s2] 
Gravitational Parameter, Moon μM 4902.8006 [km3/s2] 
Radius, Earth RE 6378.14 [km] 
Radius, Moon RM 1737.5 [km] 
Gravitational Acceleration g 9.80665 [m/s2] 
Day N/A 86400 [s] 
Year N/A 365.25 [day] 
 
1. Dynamical Modeling 
 The model to be used represents an Earth-centered inertial (J2000) coordinate frame, with 
numerical integration allowed for astrodynamical propagation, but patched conics only for lunar 
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flybys. In this model, Earth is the central body and is fixed. The sun’s gravitational influence is 
neglected as is that of the moon. Furthermore, the moon propagates dynamically (using 
Newtonian mechanics, not Keplerian elements or ephemerides). The set of Equations 19 below 
show the simple two-body acceleration of the moon around the earth, in terms of conventional 
Cartesian coordinates. The following Table 25 holds the moon’s Keplerian elements as necessary 
to initialize the model, at the initial epoch of MJD 58849.0. These three equations are integrated 
each time-step throughout the simulation to describe the dynamical motion of the moon.  
 
      
 
  
           
 
  
           
 
  




              
       




Table 25: Moon Keplerian Orbital Elements 
Orbit Element Symbol Value Unit 
Semimajor-Axis a 383500.0 [km] 
Eccentricity e 0.04986 [N/A] 
Inclination i 5.2586 [deg] 
LAN Ω 98.0954 [deg] 
Arg. Of Periapsis ω 69.3903 [deg] 
Mean Anomaly M0 164.35025 [deg] 
 
 The equations governing the propagation of the three spacecraft are similar to those of the 
moon, but include a thrust term, T, and instantaneous mass, m, of the individual spacecraft in the 
acceleration equation. Furthermore, the mass of the spacecraft is decremented according to the 
specific impulse of the SEP engines (recall, 5000 s) when firing. This can be seen below in 
Equations 21 and 22, similar to the previous equations in conventional Cartesian coordinates, 
though here the radius, r, is that of the spacecraft in question at the moment in question. Again, 
54 
 
these three equations are integrated each time-step for each of the three spacecraft individually to 
fully describe their propagation through the system. These thrust values can be changed 


























     
 




 These equations are integrated in much the same way that the system from Chapter 2 is 
integrated. Important events such as timed maneuvers and the lunar rendezvous were detected 
within the loop, breaking the loop through the inclusion of an “events” function or by manually 
applying time constraints, depending on the specifics. For the majority of the mission, the 
integrator was set to stop at regular intervals to check for VLBI matches. These intervals were 
determined by examining the instantaneous geometry of the VLBI triangle and calculating the 
sweep-rate of the measurement vector. Time-steps were then selected to ensure that the 
measurement vector would sweep across the celestial sphere no more than its measurement 
resolution (0.1 deg) during any given propagation phase, and thus not miss a measurement 
opportunity.  
2. Patched-Conics for Lunar Flybys 
If a lunar flyby was to be used, and it was in this scenario, it was to occur instantaneously 
according to a patched-conic method. In such a method, the spacecraft’s trajectory turns by a 
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turning angle as described below. The v-infinity value is drawn automatically from the 
simulation at the moment of rendezvous and the flyby periapsis radius, hp, is a design parameter.  
 
 
    
  
 
   
           




Furthermore, the v-infinity is to be conserved throughout the flyby, and the flyby periapsis 
must be higher than 50 km. Additionally, the v-infinity had to be higher than 0.25 km/s; if all 
these conditions were met, the flyby would be considered valid. 
3. Impulsive Maneuvers 
As described in the competition rules, each spacecraft was to include an impulsive chemical 
engine and a low-thrust SEP engine. The mass decrement for low-thrust was handled very 
simply with each time-step, as described in Equation 22. The impulsive chemical engine, 
however, could only be fired once and its mass decrement was handled using a typical rocket 
equation. Again, the specific impulse for the chemical engine was 450 s and the ΔV could be any 
value between 0 and 3 km/s, as chosen as a design parameter. This operation is described below, 
in Equation 24, in terms of mass after and before the maneuver (+ and – respectively) as an 
exponential function of the ΔV design parameter. 
 
 
                 
  




To solve this, Lynam, et al. designed a trajectory in which one spacecraft (craft A, red in 
figures) was put into an elliptical, high inclination orbit. This is accomplished through the use of 
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a maximum, purely prograde impulsive maneuver followed by continuous velocity direction 
low-thrust spiral and finally a gravity-assist of the moon with a 20,000 km flyby radius. After 
this flyby the spacecraft continued to thrust in the normal/anti-normal direction as appropriate, to 
raise the inclination further as the mission continued, switching when passing through the 
equatorial plane. The other two spacecraft (craft B and craft C, green and blue respectively) were 
put into elliptical orbits, apsides offset by 180 degrees from each other with each craft also offset 
90 degrees from craft A's line of apsides. This was intended to ensure optimal radio source 
mapping geometry for this configuration. The maneuvers to put the craft into these orbits are 
timed such that the new periods have a resonance of an integer plus 0.5 with the starting orbit. 
This was a combined V-N (velocity-normal) maneuver, which used the remaining ΔV to modify 
the inclination of both orbits up to a possible 10 degrees. The inclination component of the burns 
for craft B and craft C were opposite so as to place the two craft in the same plane. 
Once the spacecraft constellation was constructed, the model was left to propagate until two 
years have passed. During this time, normal vectors were calculated and measurements were 
collected to determine source matches. A post-process sorting algorithm was employed to 
determine which matches are valid by applying the 15-day interval rule and striking the invalid 
measurements. 
D. Results 
A full, three year mission trajectory was successfully developed. This trajectory included the 
three spacecraft successfully being placed into the intended constellation and numerous valid 
measurements being recorded. Figure 19 below shows the first hours of the mission, wherein 
spacecraft A (red) loitered in the starting orbit until the time came to boost with maximum thrust 
into an orbit which later would allow for lunar rendezvous. At this point, it can be seen that 
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spacecraft B (green) waited until it was offset 90 degrees from spacecraft A’s periapsis and 
boosted with maximum impulsive thrust in a combined V-N maneuver described previously. As 
can be seen, the elliptical orbits of spacecraft B and C are 180 degrees opposed and in the same 
plane, 90 degrees to spacecraft A. 
 
 
Figure 19: Geocentric X-Y Plot of Initial Constellation Architecture 
 
 
Figure 20: Geocentric Y-Z Plot of Initial Constellation Architecture 
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A side view, shown in Figure 20, shows the ecliptic nature of the orbit of spacecraft A and the 
inclined resonant orbits of spacecraft B and C. Note: this is a side view with respect to Earth, and 
is not intended to be perpendicular to the plane of the orbits B and C.  
Immediately after completing the impulsive maneuver, spacecraft A begins firing its low-
thrust engines to spiral out to the moon. This slow spiral can be seen in detail below in Figure 21, 
which is a top-down geocentric view showing the orbit of the moon and spacecraft A’s lunar 
rendezvous. This lunar rendezvous was then performed as previously described. Note that the 
allowed 3 km/s was not enough to impulsively reach lunar rendezvous, but 3.1 km/s was more 
than enough to overshoot the moon. It is obvious that this was by design of the problem author in 
order to signify the necessity of a low-thrust outward spiral for a lunar flyby. This figure clearly 
displays the scale of the orbits of spacecraft B and C, as compared to that of spacecraft A and of 
the moon.  
 
 




Figure 22: Selenocentric X-Y Plot of Lunar Rendezvous 
 
Figure 22 is a closer view of the moment of spacecraft A’s lunar rendezvous which verifies 
the requirement that lunar rendezvous be conducted at the exact center of the moon. The circle 
represents the surface of the moon and the dark and light solid lines represent the orbits of the 
moon and spacecraft A, respectively. Note that the trajectory of spacecraft A diverts sharply after 
the instantaneous flyby, as the spacecraft is propelled into a high-inclination orbit. The turn is 
actually not as severe as it appears here, and a more intuitive representation can be seen later in 
Figure 24. 
Figure 23 is another top-down plot showing the eccentricity reduction of spacecraft A’s orbit 
after the lunar flyby. At this point in the simulation, the spacecraft is now set to fire its low-thrust 
engines in whatever direction will increase inclination, until it runs out of fuel or the mission 
ends. This gives the VLBI vector a slow sweeping motion from high to low declination over 
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time. Note in this figure that the VLBI measurement triangle is visible, and the measurement 
vector extends out from the intersection of altitudes.  
 
Figure 23: Geocentric X-Y Plot. 60 Days After Lunar Flyby 
 
Figure 24: Geocentric X-Z Plot, 60 Days After Lunar Flyby 
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Figure 24 shows the same information but again from a side view. In this view, the dramatic 
inclination change in spacecraft A’s orbit provided by the lunar flyby is readily apparent. It is 
also apparent that direction in which the measurement points will sweep as spacecraft A 
continues to alter its inclination.  
Meticulous track is kept of each event in the mission sequence. Table 26 below provides a 
mission time table with each important event recorded individually. Note that the initial boost 
from spacecraft A is not immediate, but timed in order to properly rendezvous with the moon as 
described. Additionally, the low-thrust SEP engines on spacecraft A begin to fire immediately 
after the impulsive maneuver is completed. The completed constellation shown in the previous 
few figures had nearly 800 days to propagate before the mission time limit is reached. 
 
Table 26: Mission Timeline 
Event Time Time Note 
  MET [day] MJD [day]   
Mission Start 0.000 58849.000 Given Epoch 
SC A Impulse 4.324 58853.324 Maximum V-direction (3 km/s) 
SC A SEP, V-direction 4.324 58853.324 Maximum V-direction (0.1 N) 
SC B Impulse 4.340 58853.340 Combined V-N direction (norm <3 km/s) 
SC C Impulse 4.565 58853.565 Combined V-N direction (norm <3 km/s) 
SC A Targets Moon 181.997 59030.997 Optimizer, full VNC authority (norm < 0.1 N) 
SC A Moon Rendezvous 186.997 59035.997 Centimeter accuracy to lunar center 
Lunar Flyby 186.997 59035.997 Instantaneous 20k km altitude flyby 
SC A Long-term Inc-change 186.997 59035.997 Begin N/-N direction low-thrust 
Mission End 1095.750 59944.750 Mission time limit reached 
 
These specifics are for a mission with a B/C orbit resonance of 3.5 to the period of the initial 
orbit. The rest of their remaining ΔV is used to change the inclination of their orbits to about 10 
degrees. 
At mission end, each craft successfully expended all chemical propellant mass and spacecraft 
B and C had 2026.8 kg of mass remaining. Spacecraft A performed a longer post-flyby low-
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thrust maneuver arc, ending with 1914.7 kg of mass. With a dry mass of 1890.0 kg, this leaves 
spacecraft A, B and C with 24.7 kg, 136.8 kg, and 136.8 kg of fuel respectively at mission end. A 
full mass fuel budget is given in Table 27. 
Over the course of the mission, the spacecraft constellation successfully matched 156 sources. 
After striking 4
th
 and higher repetitions and applying the 15-day measurement interval rule, 21 
valid measurements were retained and submitted. When processed through the given scoring 
algorithm, the total score for this constellation is 181,688.6 points. Note: after the trajectory files 
were processed by the scoring judges, the previously quoted score was found to be too low (the 
algorithm under-reported some scores) and the total score was adjusted upwards to 255,469.4 
points. 
Table 27: Fuel Mass Budget 
  Time Start [MJD] Time End [MJD] Amount [kg] Remaining [kg] 
Spacecraft A         
Impulse 58853.324 N/A 1973.191 2026.809 
Spiral 58853.324 59030.997 31.264 1995.545 
Target Moon 59030.997 59035.997 0.778 1994.767 
End of Mission 59035.997 59944.750 80.064 1914.702 
Spacecraft B         
Impulse 58853.340 N/A 1973.191 2026.809 
Spacecraft C         
Impulse 58853.565 N/A 1973.191 2026.809 
E. Conclusions 
The three-spacecraft constellation designed here benefits from a few key features. Namely, 
the resonance of the orbits of spacecraft B and C ensure that they are only ever as close as the 
sum of their periapsides (at least the diameter of Earth), ensuring a consistent altitude for the 
measurement triangle. Additionally, the flyby of spacecraft A with the moon allows for low-
declination measurements, improving possible scores for the measured sources. By having 
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spacecraft A continue normal/antinormal thrust after the lunar flyby, its inclination continues to 
change, sweeping lower and lower declinations for a more diverse set of source matches. 
This arrangement, however, suffers from a few insufficiencies. Namely, the resonant orbits 
used in the results delivered here (factor of 3.5) have small, consistent size. Thus, the 
measurement triangle altitude is arguably too consistent; repeat observations are wasted, rather 
than accrue score multipliers. Furthermore, spacecraft A takes more than half a year, one sixth of 
the mission allowance, spiraling to the moon in the equatorial plane. It is possible that spacecraft 
A could have been inclined with the initial impulse, but this would have drastically lengthened 
the time necessary to reach the moon. Finally, multiple lunar flybys would possibly improve the 
equatorial searching capabilities of the constellation, but this was not examined because the post-
flyby normal thrust profile was deemed adequate. 
Certainly, this design would benefit greatly from further optimization of the low-thrust 
maneuvering to achieve more repeat observations at various triangle altitudes. Unfortunately, 
such fine-tuning was time consuming and the code was computationally expensive, prohibiting 





Throughout the course of this research, many questions were answered about triple-satellite-
aided capture trajectories. In the first chapter, it was shown through use of the NASA GMAT 
software that triple-satellite-aided capture trajectories can work in a full dynamical simulation. 
Further, a suitable candidate was identified and optimized for the specific situation. The method 
developed can now easily be applied to other cases and proved definitively that the triple-flyby 
scenario provides significant ΔV savings for Jovian insertion. However, questions were raised as 
to the sensitivity of the scenario to perturbations and navigational limitations.  
In the second chapter, these questions were examined by applying numerous errors created by 
various sources including ephemeris inaccuracy, navigational inaccuracy, and maneuver 
execution limitations. These errors were applied in a pseudo-random fashion and repeated nearly 
two-thousand times to prove statistical significance. The results proved that even under less than 
ideal conditions, the previously formulated triple-flyby scenario is reasonably navigable with 
plausible near-term methods. This brought the scenario into the “real world”, putting to rest the 
doubts raised by the ideal model used in the first chapter’s GMAT model.  
In the third chapter, the author and his team expanded their astrodynamics experience and 
demonstrated their ability to solve complex astrodynamics problems in short spans of time. A 
complex MATLAB script was written from scratch in short order that created a reasonable 
solution to the GTOC8 problem. The team demonstrated its ability to generate a creative solution 
while working within tight constraints and rules. The final solution generated could benefit from 
further optimization, but the fact that a proper solution was found in the given time is considered 
a mark of success. 
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This thesis as a whole details the entirety of the author’s graduate research experience and his 
demonstrated ability to understand, identify, and formulate solutions to complex astrodynamical 
problems. It further demonstrates the academic and professional interests of the author in the 
space industry and particularly in complex trajectory design, optimization, and navigation. The 
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